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Abstract  Aircraft design is a complex task that 

involves the interaction between aerodynamics, 

propulsion, flight mechanics and structures.  In 

particular, the structural design tasks involve the 

consideration of a significant number of load 

conditions that affect the performance of the 

aircraft from the moment it takes off to the 

execution of its mission and eventual landing.  A 

critical aspect in the design of aircraft structures is 

the determination of the aerodynamic loads.  These 

loads are especially important for the design of air 

lifting components such as wings and tails.  The 

required level of detail and accuracy for these 

loads depend on the stage in the design process.  

For example, during the concept and preliminary 

design stages, the aerodynamic loads could be 

estimated using simplified analytical approaches 

such as the Schrenck method, Diederich method, 

and Fourier series, among others.  The purpose of 

this paper is to discuss the development of a 

Matlab© tool to determine the air loads for the 

preliminary design of wing structures using the 

Shrenck method.  The tool requires the user to 

provide basic geometric information about the wing 

and airfoil aerodynamic data.  The output provides 

the wing lift, drag, shear, moment, and torsional 

loads distributions.  This information can be used 

then by the structural designer to perform the 

structural evaluation of the wing structure.  As 

shown in the article, the results compare very well 

to published results. 

Key Terms   Loads to Airplane, Lift to Span-

wise, Matlab Airplane, Air-load Distribution. 

WING LOAD DISTRIBUTION 

Loads on the wing are made up of 

aerodynamics lift and drag forces, as well as 

concentrated or distributed weight of wing-mounted 

engines, stored fuel, weapons, structural elements, 

etc [1]. Figure 1 show the span-wise wing-loading 

distribution.   

The FAA (in Advisory Circular) shows 

different methodologies for calculating the airloads 

distribution such as: ANC – 1, Schrenk’s NACA 

TM-948, Sherman’s NACA TN-732, etc. [2]. 

SCHRENK’S APPROXIMATION METHOD 

This method is used to approximate to span-

wise lift distribution on the wing see figure 1. The 

fundamental idea of this method is made that the 

real lift distribution lies between an ideal 

distribution independent of the wing shape and a 

distribution determined in a simple manner by the 

wing shape. The ideal distribution is that with 

minimum induced drag and constant induced 

downwash velocity that is, for the usual monoplane, 

the elliptic distribution; while the distribution 

dependent on the shape is proportional to angle of 

attack at each position of the wing. [1]  

Schrenk assume that wings with no 

aerodynamics twist, constant airfoil section on the 

wing, and the distribution is the average of: 

 A load distribution representing the actual 

planform shape and 

 An elliptical distribution of the same span area. 

This approximate solution is accepted by the 

Civil Aeronautics Administration (CAA) and 14 

CFR part 23, sub part C. [2]. 

 

Figure 1 

Spanwise Lift Distribution 



As a consequence of the finite aspect ratio of 

any wing, the lift distribution will vary along the 

wingspan, from a maximum near its root to a 

minimum near its tip. [3] See Figure 2, the method 

shown that the span-wise lift distribution should be 

proportional to the shape of the wing planform. In 

the case of an elliptical planform, the local chord 

distribution, c(y) given as:  

𝑐𝑐𝑙(𝑦) =
4𝑆

𝜋𝑏
√1 − (

2𝑦

𝑏
)

2

                                        (1) 

 

Figure 2 

Elliptical Distribution 

Where: S is the total area of wing, b is the span 

wing. 

In the Peery’s book explain that the untwisted 

wing occur when zero-lift chords of all airfoil 

sections lie in the same plane, the wing has no 

aerodynamics twist [5]. Normally the wings have 

thinner airfoil sections near the tip than near the 

root, also the airfoil section to along the wing has 

no the same angle of attack, this characteristic is for 

advertise to stall, but these different angles produce 

aerodynamic  twist, see Figure 3. 

 
Figure 3 

Aerodynamic Twist 

The air-load distribution for wings with 

aerodynamic twist should be obtained in two parts. 

The first part, called the basic lift distribution, is 

obtained for the angle of attack at which the entire 

wing has no lift, and the second part, called the 

additional lift distribution, can be obtained by 

Schrenk’s method [5]. 

MATLAB TOOL 

Using the equations from Schrenk’s Method 

for determinate the Spanwise air-load distribution 

and considerations for ANC-1(1) [4]. 

Was developed a tool in the GUI Matlab see 

figure 5, this tool has the following parts: 

 Wing Geometry. 

 Additive Lift Distribution. 

 Basic Lift distribution. 

 Stall Cl calculation. 

 Correction Factor (τ) 

 Spanwise Coefficient Distribution 

 Spanwise Air-Loads Distribution for specified 

CL and true airspeed V 

And the tool GUI has a flowchart as shown in 

Figure 4.  

 

  

 

 

 

 

 

 

 

 

 

 

 

 

 

 

 

 

 

Figure 4 

Air-Load Distribution Flowchart 
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Figure 5 

Air-Load Distribution Main Window 

Wing Geometry 

In this part, the user enters a number of wing 

stations, a number of points that define the Leading 

edge and Trailing edge as shown in Figure 6. 

The module calculates; total wing span area, 

the mean aerodynamic chord (mac), coordinates in 

leading edge from mac, and aspect ratio. 

The equations used to calculate are the 

following:  

𝑚𝑎𝑐 =
2

𝑆
∫ 𝑐2𝑑𝑦

𝑏/2

0
                                               (2) 

 

𝑦𝑚𝑎𝑐 = ∫
𝑦∙𝑐

𝑆/2
𝑑𝑦

𝑁0𝑑𝑦

0
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𝑥𝑚𝑎𝑐 = ∫
𝑥∙𝑐

𝑆/2
𝑑𝑦

𝑁𝑜𝑑𝑦

0
                                             (4) 

𝐴𝑅 =
𝑏2

𝑆
                                                                 (5) 

Where: c is the chord and It’s function of the y, 

x are the coordinates in leading edge, y is the 

coordinate discretized of the large to span, s is the 

total wing span area., Nody is the number of part 

the wing span, and AR is the aspect ratio. 

 

Figure 6 

Wing Geometry  

Additive Lift Distribution 

In this section, the user enter, a number of wing 

stations, distance of the wing station regarding 

wing root in inches, and slope of the section lift 

with respect to the angle of attack in degree angles 

m0, as shown in Figure 7. 

In this case the module calculates; the ccla1 is 

the chord per additional lift coefficient 

corresponding to CL = 1 for the entire wing, and its 

corresponding additional lift coefficient cla1.    

The equations used to calculate are the 

following: 

𝑐𝑐𝑙𝑎1 =
1

2
[

𝑚0𝑐

�̅�𝑜
+

4𝑆

𝜋𝑏
√1 − (

2𝑦

𝑏
)

2

]                          (6) 

 

�̅�𝑜 =
∫ 𝑚0𝑐∙𝑑𝑦

𝑏
2
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                                                      (7) 

 

𝑐𝑙𝑎1 =
𝑐𝑐𝑙𝑎1

𝑐
                                                            (8) 

Where m̅o, is the average slope of section lift 

coefficients, m0 is the slope of the section lift 

coefficient in respect to angle of attack in degree. 

These equations from Peery’s book [5]. 

 

Figure 7 

Additive Lift Distribution  

Basic Lift Distribution 

As shown Figure 9, the user enter a number of 

wing stations, distance of the wing station 

regarding wing root in inches, the wing station 

reference angle, this reference is formed to chord-

waterline regarding to angle zero of each section, 

and continuity or discontinuity value. 



The output data shows, the wing angle of 

attack for zero lift, the basic lift coefficient, and      

the equations used to calculate this module are 

following: 

𝛼𝑤0 =
∫ 𝑚0∙𝛼𝑎𝑟∙𝑐∙𝑑𝑦

𝑏/2
0

∫ 𝑚0𝑐∙𝑑𝑦
𝑏/2

0

                                            (9) 

𝛼𝑎 = 𝛼𝑎𝑟 − 𝛼𝑤0                                                  (10) 

𝑐𝑐𝑙𝑏(𝑟𝑜𝑢𝑛𝑑𝑒𝑑 𝑜𝑓𝑓) =
1

2
𝑐𝑚0𝛼𝑎                         (11) 

Where; 𝛼𝑤0 is the wing angle of attack for zero 

lift, this angle is solved for the absolute angle of 

attack 𝛼𝑎, the 𝛼𝑎𝑟  is the reference angle regarding 

angle zero lift, and cclb(rounded off) is the chord 

per basic lift coefficient but rounded off. 

When shown in the Figure 8, the wing has 

length l of discontinuity between flap and aileron. 

 
Figure 8 

Wing with Discontinuity Flap-Aileron 

𝑙 =
𝑎

2
   𝑖𝑓 𝑎 > 𝑏                                                   (12) 

𝑙 =
𝑏

2
   𝑖𝑓 𝑎 < 𝑏                                                   (13) 

When, the abrupt change in the curve of 𝑐𝑐𝑙𝑏  at 

the outboard end of the flap as shown in the figure 

(8), the curve is faired so that the positive area 

removed is equal to the negative area removed, and 

the total wing lift remains zero [1]. 

According by H.C. McMaster [6], the 

equations for 𝑐𝑐𝑙𝑏(faired) are following: 

𝜃 =
𝜋

2∙𝑙
(∫ 𝑑𝑦 − 𝑦𝑙𝑖𝑛

𝑏/2

0
)                                      (14) 

𝑦𝑙𝑖𝑛 = 𝑦𝑑𝑖𝑠𝑐 − 𝑙                                             (15) 

𝑐𝑐𝑙𝑏(𝐹𝑎𝑖𝑟𝑒𝑑) = (𝑐𝑐𝑙𝑏 − 𝑐𝑐𝑙𝑏(𝑎𝑣𝑒))  ∙ ||cos (𝜃)|| +

                               𝑐𝑐𝑙𝑏(𝑎𝑣𝑒)                                     (16) 

Where 𝜃 is the angle used in cosine function in 

the basic lift coefficient at faired,  𝑦𝑑𝑖𝑠𝑐  is the butt 

line at discontinuity of flap and aileron, and 

𝑐𝑐𝑙𝑏(𝑎𝑣𝑒) is the average element lift at 

discontinuity. 

 

Figure 9 

Additive Lift Distribution  

Stall Cl Calculation 

In this part, require enter the wing stations, the 

first maximum lift coefficient Cl1max, first Reynolds 

number and second maximum lift coefficient Cl2max 

and its Reynolds number, shown as Figure 10. 

 
Figure 10 

Stall Lift Coefficient Cl 

Correction Factor (𝜏)  

According of Peery’s book 𝜏  is a correction 

factor which accounts for the deviation of the 

planform from an ellipse [1]. 

In this module shown as in the Figure 11, used 

the equation according to ANC-1(1) [4]. 



𝜏0 =  0.026209 − 1.26146𝜆 + 3.05385𝜆2 −

           2.8027𝜆3 + 0.976801𝜆4                          (17) 

𝜏1 = 0.112203 − 0.575843𝜆 + 1.08306𝜆2 −

          0.696856𝜆3 + 0.194241𝜆4                       (18) 

𝜏2 = 0.0302789 + 0.0294027𝜆 − 0.470926𝜆2 +

          0.880983𝜆3 − 0.394766𝜆4                       (19) 

If  𝛾 = 0, then 𝜏 = 𝜏0 

If  𝛾 = 0.1, then 𝜏 = 𝜏1                                      (20) 

If  𝛾 = 0.2, then 𝜏 = 𝜏2                            

If  𝛾 = 1, then 𝜏 = 0 

For γ that are between the values of the 

conditionals equations (20),  

For 0 < 𝛾 < 0.1 then, 𝜏 = 𝜏0 + 𝛾(𝜏1 − 𝜏0)/0.1 

For 0.1 < 𝛾 < 0.2 then, 𝜏 = 𝜏1 + (𝛾 − 0.1)(𝜏2 − 𝜏1)/0.1                 

For  0.2 < 𝛾 < 1 then, 𝜏 = 𝜏2 − 𝜏2(𝛾 − 0.2)/0.8 

For  0.2 < 𝛾 < 1 then,  𝜏 = 𝜏2 − 𝜏2(𝛾 − 0.2)/0.8 

    (21) 

𝜆 =
𝑐𝑡

𝑐𝑠
                                                                  (22) 

Where, 𝛌, is the ratio between the tip chord and the 

centerline root chord, 𝜸, is the ratio of rounded tip 

length lo length of semi-span as shown in the 

Figure 12. 

 
Figure 11 

Correction Factor t 

 
Figure 12 

Ratio 𝛾  

Spanwise Coefficient Distribution 

As shown in the Figure 13 of this module, the 

user can be to use for calculates the aerodynamics 

coefficient distribution to along the wing and the 

input data requirements are: 𝜏 is the correction 

factor, the total lift coefficient of wing CL, the wing 

station with their drag coefficients and their 

moment coefficients. 

 
Figure 13 

Spanwise Coefficient Distribution 

In case to use the value of 𝝉 evaluated in 

correction factor module, the input of 𝝉 in Span-

wise. 

Coefficient Distribution is no necessary, 

because the space of 𝝉 will be disable, but charged 

the previous analysis. The other form for 

determined the 𝝉 value is using the Figure 14. 

For the drag and moment coefficient values is 

found in diagrams the airfoils making up the wing. 

This module use data output of previous 

modules, therefore calculate previous modules is 

necessary according flowchart from the Figure 4.  



 
Figure 14 [4] 

Correction Factor for Induced Angle of Attack, 𝜏 

The equations to use for this module are: The 

value of lift coefficient per unit of span is: 

  𝑐𝑙 = 𝐶𝐿𝑐𝑙𝑎1 + 𝑐𝑙𝑏                                               (23) 

With the value of factor correction 𝜏, the 

values of lift curve slopes can be solved as. 

𝑚 =
𝑚0∙180/𝜋

1+(
𝑚0∙180
𝜋2𝐴𝑅

)(1+𝜏)
                                             (24) 

Then, the new angle of attack solve to such as. 

𝛼𝑎 =
𝐶𝐿

𝑚∙𝜋/180
                                                       (25) 

The induce drag coefficient for an elliptical 

wing is 

𝐶𝐷𝑖 = 𝐶𝐿 𝛼𝑖                                                         (26) 

The induce angle is defined as: 

𝛼𝑖 = 𝛼𝑎 −
𝑐𝑙

𝑚0
                                          (27) 

Where 𝐶𝐿, is the lift coefficient on the wing, 𝑐𝑙 

is the section lift coefficient, and  𝑚0 is the slope of 

section lift coefficient. 

See Figure 15 for the typical angles that form 

the section wing. 

 
Figure 15 

Typical Wing Angles 

Spanwise Airloads Distribution for Specified Cl 

and True Velocity V 

In this part, the users enter a value of true 

velocity from aircraft, the waterline distance of 

25% from root chord, and the angle dihedral see 

Figure 16.  

 

 
Figure 16 

Water Line and Dihedral Angle 

 
Figure 17 

Spanwise Coefficient Distribution 

As shown in the Figure 17, the distribution the 

lift W, is the distance function of the wing, and the 

shear force V, is related to the resultant load as. 

 𝑊 =
𝑑𝑉

𝑑𝑦
                                                 (28) 

The bending moment M, acting on the element 

is related to the shear force by 

𝑉 =
𝑑𝑀

𝑑𝑦
                                                 (29) 



In integral form, 

𝑉 = ∫ 𝑊𝑑𝑦                                                 (30) 

And 

𝑀 = ∫ 𝑉𝑑𝑦                                                 (31) 

These integrals can be approximated by sums, 

namely, 

 𝑉 = ∑ 𝑊𝑖∆𝑦𝑁
𝑖                                           (32) 

And 

𝑀 = ∑ 𝑉𝑖∆𝑦𝑁
𝑖                                           (33) 

The similar form is calculated for the torsion 

force. 

The distribution of W, M and dy is shown as in 

the Figure 18 

 
Figure 18 

Schematic Representation of the Shear Force and Bending 

Moment on a Span-wise Element of the Wing 

SAMPLE TOOL AIRLOADS 

The tool Matlab was validate using data input-

output from H.C. McMaster, “FAR 23 LOADS” 

[6], for the Wing Aerodynamic Coeficient module, 

the data input has 3 coordinates in Leading edge 

and 2 coordinates in the Trailing edge shown as 

Figure 19. 

For the Additive Lift Coefficient Distribution 

Module is defined for 2 wing station, the first 

station in the root wing and the second station in 

the tip wing, and with its slope of lift curve shown 

as Figure 20. 

The Basic Lift distribution Coefficient module 

is defined to 4 wing stations and their slope of the 

lift section regarding the angle of attack in degree 

angles, shown as Figure 21. 

The Stall Cl coefficient module the data input 

has 4 wing station, 2 Reynolds Number, Clmax, and 

length chord for each airfoil section discretized 

along to wing, shown as Figure 22. 

For the Wing Air Coefficient Distribution 

module the data input is 2 wing stations, their 

profile drag coefficient, and their moment 

coefficients as shown Figure 23a. The data output 

shown 3 graphics the coefficients aerodynamics 

such as: cl, cd, and cdi along the wing, see Figure 

23b. 

Finally the ultimate module Figure 24a, the 

Air-loads Distribution enter CL from wing, the true 

velocity and others data shown in the Figure 24a,  

and the output data with their graphics of load 

along the wing shown in Figure 24b-e. 

 

 
Figure 19 

Sample – Wing Aerodynamic Geometry 



 
Figure 20 

Sample – Additive Lift Distribution 

 

 
Figure 21 

Sample – Basic Lift Distribution 

 

 

 
Figure 22 

Sample – Stall Cl 

 

(a) 



 

 
(b) 

Figure 23 

Sample – Aerodynamic Coefficients 

 

 

(a) 

 
(b) 

 
(c) 

 
(d) 

 
(e) 

Figure 24 

Sample – Air-load Distribution 

CONCLUSIONS 

The principal propose this work, obtained the 

Air-loads distribution along the wing for the 

Schrenk method and using the Matlab program, it 

was   satisfactory results shown as Figure 24 b-d 

and data output in the Figure 24a. For the compare 

the output data see reference [6]. 



As shown in the windows of this tool, it’s easy 

to use, so that, achieve the other goal. 

This tool was thinking in the class of structural 

design from Polytechnic University of Puerto Rico, 

but any student the other university or Aircraft 

designer pioneer can be to use with reliability their 

analysis.   

For the future work, this tool can be expanded 

to tail load or fuselage analysis, also can be 

implemented for the Code of Federal Regulation 

and build to V-n diagram. In addition, this tool can 

be implemented for structural design, since the 

wing geometry drawing to obtain the structural 

wing.  

Finally, same this tool can be development 

other program using other method of the 

approximation for obtain the load distribution in 

aircraft.  
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